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Liaison navigation is a method of autonomous, interplanetary orbit determination where scalar satellite-to-

satellite measurements, such as crosslink range, are used to estimate the orbits of all participating spacecraft

simultaneously. Crosslink range can be used to observe the orbit states for all participating spacecraft in the circular,

restricted, three-body problem, as long as one of the spacecraft is in an orbit atL1 orL2. In the two-body problem,

only the relative orbits can be estimated using crosslinks, but when three-body dynamics dominate, it enables the

estimation of both relative and absolute orbit states. To add realism in this study, navigation simulations were

performed again, but this time the spacecraft trajectories were propagated in an inertial frame using the DE403

ephemeris for the planets. Also, a 50th degree and order lunar spherical harmonic gravity field, solar radiation

pressure, andmaneuverswere simulated,with appropriatemodeling errors. Fourdifferent lunar constellationswere

analyzed with applications to lunar navigation and communication relay. An extended Kalman filter was used to

process the measurements. The results show that real-time, on-board position accuracies on the order of 100 m root

sum square are possible for lunar libration point orbiters, and solutions on the order of 10 m root sum square are

possible for lunar orbiters.

Nomenclature

cclone = clone of the vector cgrav
cgrav = vector of normalized coefficients in a spherical

harmonic gravity model
e = vector of normally distributed random numbers with

zero mean and unit variance
Pgrav = covariance matrix representing the errors in cgrav
Pk = estimation error covariance matrix at time tk,

computed after the measurement update
�Pk = estimation error covariance matrix at time tk,

computed before the measurement update
Q = state noise compensation portion of the time update

equation in the extended Kalman filter
S = upper triangular factorization of Pgrav

�t = time interval between observations
� = inclination of the lunar equator with respect to the

Earth’s mean equator
�2i = variance for an unknown acceleration
��t; tk� = state transition matrix mapping state deviations from

time tk to time t
� = rotation from the equinox to the ascending node of

the lunar equator
 = angle along the lunar equator from the node to a

longitude of zero

I. Introduction

T HE most common procedure for estimating the orbit of an
interplanetary spacecraft is to use tracking stations on the Earth

to obtain radiometric measurements [1]. Measurements between
spacecraft can be used to reduce the dependence on Earth-based
observations and reduce operations costs. Scalar radiometric

tracking measurements taken along the line of sight between the two
spacecraft, such as range or Doppler, would be a relatively easy way
of obtaining tracking data, but these do not usually provide
information on the absolute orientation of the orbits. Thus, when
using only scalar satellite-to-satellite tracking (SST) data, the state or
ephemeris of one of the spacecraft would usually have to be fixed for
the absolute orientation of the orbits to be observable.

According to an analysis byMarkley [2], a state is unobservable if
a deviation in the state can be found that does not result in any change
in the observations. Because changes in the size, shape, or relative
orientation of two orbits will affect scalar SST measurements, scalar
SSTbetween two spacecraft can be used to observe those parameters,
except in a few specific situations. It has been shown that the nature of
the two-body problem is the reason for the unobservability of the
absolute orientation when using only scalar SST [3]. In the two-body
problem, both spacecraft orbits can be rotated around the center of
mass of the central body. If both are given the same rotation, due to
the symmetry in the two-body problem, the orbits will have the same
size, shape, and relative orientation and themeasurements will not be
affected. Effectively, scalar radiometric measurements cannot
observe the change in absolute orientation in this case. To observe the
relative and absolute orbit states of both spacecraft simultaneously in
the two-body problem,Markley and Psiaki [4] showed that inertially
referenced intersatellite angles obtained with something like an
optical imager would have to be used in addition to scalar SST data.

In the three-body problem, the gravitational influence of the third
body influences the dynamics of a spacecraft and can provide
information about the orientation of the spacecraft orbit with respect
to both the third body and the central body. If the absolute states of the
planetary bodies are known, then the absolute states of all the
spacecraft can be estimated simultaneously using only scalar SST. A
new method of autonomous orbit determination called “liaison
navigation” was recently presented in which spacecraft use scalar
SST data, such as crosslink range, to determine the orbits of all
participating spacecraft [3]. In certain orbits, liaison navigation can
be used to estimate both the absolute and relative states of all the
participating spacecraft simultaneously, without any mathematical
constraints. Simulations showed that the crosslink range could be
used to estimate the states of two spacecraft simultaneously in the
circular, restricted, three-body problem (CRTBP), when at least one
of the spacecraft was in a region in which three-body dynamics
dominate the orbital motion. The vicinities of either the Lagrange
point L1 or L2 satisfy this requirement. Those simulations included
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only data noise, with nomodeling errors. To addmore realism in this
study, realistic force models and modeling errors were used for orbit
propagation and determination, instead of using the simplified
dynamics of the CRTBP. The resulting high-fidelity simulations
show that liaison navigation works very well for several useful lunar
constellations in a realistic modeling environment.

II. Realistic Orbit Dynamics

“Truth” orbits were propagated and used to generate crosslink
measurements and for filter accuracy comparisons. However, when
integrating the orbits in the orbit determination filter, somemodeling
errors were introduced to add realism.

Both the truth orbits and the orbits with modeling errors were
generated using the TurboProp software package [5]. The planetary
ephemeris DE403 from NASA’s Jet Propulsion Laboratory [6] was
used to compute the positions and the point-mass gravitational
influence of the Earth, moon, sun, Venus, Mars, Jupiter, and Saturn.
This ephemeris provides planetary positions in the international
celestial reference frame (ICRF) [7]. The ephemeris files are in
ASCII format, but they can be converted into binary and the resulting
file can then be efficiently queried to provide planetary positions and
velocities at the desired epoch. This was done by modifying C code
written by Hoffman [8].

For propagating the orbits of lunar orbiters and halo orbiters,
LP100K was used as a precise model of the moon’s gravity field [9].
For Earth orbiters, JGM-3was used as theEarth’s gravitymodel [10].
These models were truncated after degree and order 50. To simulate
gravity modeling errors, a clone of the lunar gravity field was created
by randomly perturbing the gravity field coefficients using the
covariance matrix for the LP100K model. The vector cgrav includes
all of the normalized coefficients in the gravity model and the
corresponding covariance matrix is Pgrav. A clone of the gravity
model can be created by factoring Pgrav:

Pgrav � STS (1)

S is the upper triangular and can be computed using Cholesky
cecomposition. If e is a vector of normally distributed random
numbers with zero mean and unit variance, a clone of the gravity
model, cclone would be

c clone � cgrav � STe (2)

The orientation of the Moon was computed using the lunar
librations from the DE403 ephemeris. These are three Euler angles,
which are �, the rotation angle along the Earth’s mean equator of
J2000 from the equinox to the ascending node of the lunar equator, �,
the inclination of the lunar equator with respect to the Earth’s mean
equator, and  , the angle along the lunar equator from the node to a
longitude of zero [11].

The conversion from the Earth-centered inertial frame based on
the ICRF, or the geocentric celestial reference frame (GCRF), to the
Earth-fixed frame was computed using the 1976 International
Astronomical Union (IAU) precession, 1980 IAU nutation [with
International Earth Rotation and Reference Systems Service (IERS)
corrections and offsets for GCRF], Earth rotation, and polar motion
[12].

Solar radiation pressure (SRP) was modeled using an umbra/
penumbra eclipse model. The solar pressure was computed based on
the spacecraft’s distance from the sun, with a flux of 1358 W=m2 at
1 astronomical unit (AU). All satellites were modeled as 1000-kg
spheres with a cross-sectional area of 5 m2. To simulate radiation
modeling errors, the reflectance parameters of the spacecraft were
randomly perturbed so that acceleration errors were on the order of
10�9 m=s2, a typical value for interplanetary spacecraft. The
perturbed reflectance parameters werefixed in the estimation process
so they would not be adjusted by the filter.

In most of the simulations, one spacecraft was in a halo orbit at
either L1 or L2 in the Earth-moon system. Halo orbits were first
named by Farquhar [13] and are periodic orbits in the CRTBP. For

this study, lunar halo orbits were computed initially in the CRTBP
using the technique explained by Howell [14], and then converted to
the ephemeris model of the solar system. In the ephemeris model,
there are no longer any periodic solutions, meaning that the periodic
halo orbits found in the three-body problem do not occur. Instead, a
halo orbit from the CRTBP is first rotated and scaled to fit the inertial
frame, usually a moon-centered frame based on the ICRF. Then the
trajectory is differentially corrected until one is found that is
continuous and fairly close to periodic. The resulting quasi-periodic
orbits are near the original halo orbits and are functionally the same.
The numerical method used to find these halo orbits in the ephemeris
modelwas amultiple shooting differential corrector adapted from the
work of Howell and Pernicka [15].

For the halo orbits, nominal trajectories were generated using the
multiple shooting differential corrector and divided into four
segments per halo orbit period. These segments were usually about
3.5 days in length. Because of navigation errors coupled with the
unstable dynamics of a halo orbit, the halo orbiter is never exactly on
the desired nominal orbit at the segment end time, so a stationkeeping
maneuver (SKM) must be performed to bring the halo orbiter closer
to the nominal orbit. This was done with the same method used for
the Genesis Mission [16], in which the spacecraft velocity is
differentially corrected to target the position and time at the end of the
next segment of the nominal orbit. In this case, a simulated on-board
estimate of the state is used to initialize the SKM targeter instead of
the truth orbit. The difference between the current velocity and the
corrected velocity is applied as an impulsive �V, but random,
normally distributed thruster errors with a standard deviation of 5%
were added for each component of the �V.

III. Orbit Determination

A real-time state update provides spacecraft with accurate orbit
determination quickly, allowing spacecraft to be used as navigation
support for other missions and reducing dependence on Earth-based
operations. An extendedKalman filter (EKF) is relatively simple and
provides real-time state estimates, so it was ideal for this purpose. A
description of how to implement the EKF can be found in Tapley
et al. [17]. To prevent filter saturation, state noise compensation was
performed by adding a matrixQ to the time update of the estimation
error covariance matrix:

�P k ���tk; tk�1�Pk�1�T�tk; tk�1� �Q (3)

Q can be derived by assuming there is a random, unknown
acceleration in each coordinate that is constant over�t, the interval
between measurements, using Eqs. 4.9.47 and 4.9.50 from Tapley
et al. [17]. A variance for the unknown acceleration, �2i is assumed
for each spacecraft, with i representing the spacecraft number, and
with x, y, and z components equal inmagnitude. Assuming that�t is
small relative to the spacecraft orbital period,Q can be constructed as
a 6 � 6 matrix for each spacecraft with the following form:

�t4

3
�2i 0 0

�t3

2
�2i 0 0

0
�t4

3
�2i 0 0

�t3

2
�2i 0

0 0
�t4

3
�2i 0 0

�t3

2
�2i

�t3

2
�2i 0 0 �t2�2i 0 0
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3
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(4)

The values of �i were tuned until they resulted in a realistic
estimation error covariance matrix and low state errors. Usually the
values of �i for the halo orbiters were different than for the lunar
orbiters. State errors were computed by differencing the estimated
state with the true state at each measurement time.
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IV. Navigation Simulations

A. L2 Halo-Low Lunar Orbiter

A navigation and communication relay mission to the moon was
designed that would involve two spacecraft: one in a halo orbit at
Earth-–moon L2 and another in a low lunar orbit (LLO) with a polar
inclination [18]. The halo orbit at L2 is roughly 90,000 km across its
largest dimension and is inclined so that it remains above the south
pole of the moon for 7.9 days out of its 13.6-day period. The lunar
orbiter would carry sensors for lunar science and provide intermittent
coverage for the lunar poles as well as other areas of the moon’s
surface. Both could be used as tracking stations for spacecraft
orbiting, landing, or roving at the moon.

After generating truth orbits for both spacecraft, crosslink range
observations were computed every 60 s, unless themoon blocked the
line of sight, and normally distributed noisewith a standard deviation
of 1 m was applied. The measurements were used in the EKF to
estimate the state vector, which consisted of three-dimensional
position and velocity for each spacecraft and a range bias. Although
the reflectance parameters for the spacecraft can be estimated quite
well using this measurement type, they were fixed with random
errors to simulate SRPmodeling errors. The a priori state for the EKF
was computed with random, uncorrelated, and normally distributed
position, velocity, and reflectance errors. The initial positions had
errors in each component of 1 km (1�) for the halo orbiter and 100m
(1�) for the lunar orbiter. The velocity errors in each componentwere
1 mm=s (1�) for the halo orbiter and 4 mm=s (1�) for the lunar
orbiter. These a priori errors were chosen to be slightly larger than the
steady-state errors. The a priori estimation error covariance matrix
was diagonal with position and velocity standard deviations 10 times
larger than the actual errors.

The state estimates from the EKF were used to initialize the SKM
computations for both spacecraft. Because lunarmass concentrations
and the Earth’s gravity will cause a spacecraft in LLO to drift away
from its orbit and eventually crash into the moon, SKMs for the LLO
were designed to restore the perilune and apolune altitudes to 50 and
95 km, respectively. Because both types of SKMs had 5% errors in
execution, the velocity variances of the estimation error covariance
matrix were increased accordingly after each maneuver. In that way,
the EKF could be used properly to estimate the thruster error after the
maneuver. The SKMs for the halo orbiter were performed 4 times per
halo orbit period as described earlier, and LLO SKMs were
performed once per halo period, halfway between two of the halo
SKMs.

Because the two spacecraft would need to perform communica-
tion relay duties as well as provide tracking support to user
spacecraft, they would not be available to track each other all the
time. A realistic schedule was created specifying when the two
spacecraft could track each other, andwhen the two spacecraft would
be performing other duties. Asmuch as possible, the tracking periods
in the schedule were adjusted so that they would occur when the
moon did not block the line of sight between the two spacecraft. The
tracking occurred 9 times per day in 1-h blocks, with outages lasting
as long as 5 h.

Figures 1–4 show the resulting accuracy for a sample run of the
EKF over two halo periods (�27 days) starting on 5 March 2012.
The halo orbit SKMs show up in Fig. 2 as large increases in velocity
uncertainty that occur with a 3.4-day period, with the jumps in
uncertainty decreasing in magnitude as the maneuvers become
smaller due to improved stationkeeping and orbit estimates. The
increased uncertainty following a maneuver was added because of
the thruster modeling errors in the simulation. Because of the short
orbital period of the LLO and the long time scale in the plots, the
results for the LLO appear noisy in Figs. 3 and 4. The LLO SKMs
appear in both plots as spikes in uncertainty around day 8 and day 23.
RMS and rss values for the trajectory errors were computed after
day 8, excluding 90-min periods after each LLO SKM to let the filter
converge on a new solution.

The estimation errors (computed after day 8) for ten 27-day
simulations give an average position error for the halo orbiter of
132 m rss and an average velocity error of 0:6 mm=s rss. For the
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Fig. 1 Halo orbiter position accuracy using the EKF. Values for rms
and rss were computed after day 8.
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Fig. 3 Lunar orbiter position accuracy using the EKF. Values for rms

and rss were computed after day 8.
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lunar orbiter, the position error was 5.0 m rss and 4:4 mm=s rss for
velocity, averaged over 10 runs. The range bias of 5mwas estimated
towithin severalmeters. The estimation error covariance for the LLO
seems to reach a low steady-state value in about 2 days. Although
more difficult to judge, it seems to take about 3–7 days for the halo
orbit covariance to reach a low steady-state value. The average halo
stationkeeping budget for the 10 runs was 2:0 m=s per year,
excluding the numbers from the first two maneuvers in each run
when the stationkeeping had not yet reached steady state. This is
similar to other estimates of lunar halo stationkeeping budgets [19].

Next, the initial position and velocity errors and a priori standard
deviations were increased by a factor of 10. The resulting initial

positions had errors in each component of 10 km (1�) for the halo
orbiter and 1 km (1�) for the lunar orbiter. The velocity errors were
1 cm=s (1�) for the halo orbiter and 4 cm=s (1�) for the lunar orbiter.
Even with these large errors, the EKF still converges on the correct
state estimate, as shown in Fig. 5. The estimate error covariance
appears to be independent of the a priori covariance after about
9 days.

B. NASA Lunar Frozen Orbiter Constellation

Ely and Lieb [20] show that three spacecraft in a lunar frozen orbit
that lingers over the south pole of the moon can provide redundant
communication coverage for surface missions there, while almost
eliminating the cost of stationkeeping. These orbits are selected to
“freeze” the argument of perilune and eccentricity to prevent
collision with the lunar surface. Table 1 shows the orbital elements
for lunar orbits that are frozen, or remain stable, even in the presence
of SRP perturbations.

Although liaison navigation was shown to work well for halo
orbiters in the vicinity of L1 and L2, it was not known if the third-
body perturbation of the Earth would enable autonomous orbit
determination if all the participating spacecraft were in lunar frozen
orbits. The third-body perturbation of the Earth on a lunar orbiter is
much stronger than the lunar perturbation on an Earth orbiter. These
frozen orbits have a high altitude (about 8000 km) above the moon at
apolune, so the Earth’s third-body perturbation is quite significant.

Truth orbits similar to frozen orbits were propagated for three
spacecraft using the orbital elements shown in Table 1. Using the
truth orbits, crosslink range measurements were generated every
5 min when the moon did not block the line of sight. These crosslink
rangemeasurements were only generated for one pair of satellites at a
time, in 1-h blocks. ThenGaussian noise with a standard deviation of
1 m was added to the measurements. The same modeling errors
mentioned in Sec. IV.A were used in the EKF again. The orbits and
EKF simulation extended over a 24-day span. Even after optimizing
the state noise parameters and trying different initial state errors, the
orbit estimates always converged on the wrong solution due to
problems with observability, as shown in Fig. 6 for satellite 1.

Because these three spacecraft are in the same orbital plane, the
out-of-plane component is not well resolved [3]. To eliminate this
problem,�

op
2 and�

op
3 were set to 120 and 240 deg, respectively, so

the three satellites would be in different orbital planes. The results
were better, as shown for satellite 1 in Fig. 7, but still the estimates did
not converge properly over time. The absolute orientation was
unobservable in this case, meaning that the Earth’s gravitational
perturbation was not sufficiently strong to enable liaison navigation
for this constellation.

C. Hybrid L2=Frozen Orbit Constellation

Because both L2 halo orbits and frozen orbits have distinct
advantages, a hybrid constellation consisting of a halo orbiter and a
spacecraft in a lunar frozen orbit could provide the benefits of both.
The halo orbiter was placed in a quasi-halo orbit at L2, and the lunar
orbiter was placed in a frozen orbit with the orbital elements from
Table 1. The two spacecraft tracked each other and a crosslink range
measurement was generated every 5 min. The a priori state for the
EKF was computed with random, uncorrelated, and normally
distributed position, velocity, and reflectance errors. The initial
positions had errors in each component of 1 km (1�) for the halo
orbiter and 100 m (1�) for the lunar orbiter. The velocity errors were
1 mm=s (1�) for the halo orbiter and 4 mm=s (1�) for the lunar
orbiter. The state noise parameters were tuned as before. SKMswere
not necessary for the frozen orbit, but were performed in the same
manner as before for the halo orbiter. The results for position
estimation are shown in Fig. 8 for the halo orbiter and Fig. 9 for the
lunar orbiter over two halo periods starting on 5 March 2012. The
estimation errors (computed after day 8) for ten 27-day simulations
give an average position error for the halo orbiter of 87 m rss and an
average velocity error of 0:4 mm=s rss. For the lunar orbiter, the
position error was 9.8 m rss and 1:4 mm=s rss for velocity. The
average stationkeeping budget for the 10 runs was 2:6 m=s per year.
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Fig. 4 Lunar orbiter velocity accuracy using the EKF. Values for rms
and rss were computed after day 8.
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Fig. 5 Halo orbiter position accuracy using the EKF and large a priori

errors. Values for rms and rss were computed after day 8.

Table 1 Orbital elements for a three-satellite lunar communications

constellation in frozen orbits

s/c no. a, km e iop,a deg �op,a deg !op, deg Mop, deg

1 6541.4000 0.6 56.2 0 90 0
2 6543.9759 0.6 56.2 0 90 120
3 6537.9213 0.6 56.2 0 90 240

a The superscript “op” means the frame is at the moon with the z axis parallel to the
normal of the Earth’s apparent orbit around the moon. These elements are for the epoch
of 15 July 2009. Credit: Ely and Lieb [20].
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When computing the stationkeeping budget, the first two maneuvers
in each run were ignored because they were performed before the
spacecraft had reached a steady-state stationkeeping error.

D. L1=LEO Constellation

In case no lunar orbiters were available for tracking from a halo
orbit, a final simulation was performed to investigate the feasibility
of using an Earth orbiter instead. For this simulation, the Earth was
the center of the coordinate system, and a spacecraft was placed in a
circular low Earth orbit (LEO) at 800-km altitude and 60 deg
inclination. Another spacecraft was placed in a lunar L1 halo orbit.
The JGM-3 gravity field [10] was used for the truth orbits to degree
and order 50. A 1 � � clone of the JGM-3 gravity field was provided
by John Ries of the Center for Space Research at the University of
Texas, and used in the EKF to simulate gravity modeling errors.

Crosslink range measurements were generated every 6 min, with
all other parameters set up similar to the other simulations. Over
10 runs, the average rss position errors are 512 and 11 m for the halo
orbiter and LEO orbiter, respectively. Even though these results are
good, they are not as accurate as the L2/frozen orbit constellation
described in Sec. IV.C. This is probably because fromL1 to Earth, the
long link distance means that crosslinks are generally in the same
direction. However, fromL2 to a frozen orbit, the crosslinks aremore
geometrically diverse as the halo orbiter goes around its orbit. Also,
the tracking data in theL1/LEOcase provided too little information to
estimate the range bias properly.

V. Conclusions

This study showed that liaison navigation will work for a
constellation of spacecraft, as long as one is in a libration point orbit
such as a halo orbit. Realistic simulations showed that liaison
navigation can be used to obtain excellent autonomous orbit
estimates with position accuracies on the order of 100 m rss for lunar
libration point orbiters, and 10 m rss for lunar orbiters. In these
simulations, lunar halo orbiters using liaison navigation and the
Genesis stationkeeping strategy had stationkeping �V budgets as
small as 2 m=s per year. Lunar halo orbiters can provide
communication relay services for future lunar missions to the far side
or the poles of the moon and liaison navigation would reduce the
amount of Earth-based tracking required to maintain the
constellation. A constellation with spacecraft in both halo orbits
and lunar frozen orbits is ideal for autonomous orbit determination,
results in small stationkeeping budgets, and would provide excellent
communication coverage.
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Fig. 6 Satellite 1 position accuracy using the EKF. The three satellites

are in coplanar orbits similar to frozen orbits. Values for rms and rss
were computed after day 8.
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Fig. 7 Satellite 1 position accuracy using the EKF. The three satellites

are in orbits similar to lunar frozen orbits in three different orbit planes.
Values for rms and rss were computed after day 8.
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Fig. 8 L2 halo orbiter EKF position accuracy using crosslink range

measurements to a lunar spacecraft in a frozen orbit. Values for rms and

rss were computed after day 8.

0 5 10 15 20 25 30
−20

0

20

x 
sa

t 2
 (

m
)

Day          (rms = 4.35 m, 77.2% < 1 σ)

EKF sat 2 position error with state noise 5.69e−006 m/s2, rss = 6.25 m

x error
2σ stdev

0 5 10 15 20 25 30
−20

0

20

y 
sa

t 2
 (

m
)

Day          (rms = 3.73 m, 72.1% < 1 σ)

y error
2σ stdev

0 5 10 15 20 25 30
−20

0

20

z 
sa

t 2
 (

m
)

Day          (rms = 2.49 m, 92.7% < 1 σ)

z error
2σ stdev

Fig. 9 Lunar pole-lingering frozen orbit EKF position accuracy using

crosslink rangemeasurements to a halo orbiter atL2. Values for rms and

rss were computed after day 8.
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